AIAA JOURNAL
Vol. 35, No. 3, March 1997

Effect of Angle of Attack on Hypersonic
Boundary-Layer Stability

Glen P. Doggett*and Ndaona Chokani'
North Carolina State University, Raleigh, North Carolina27695-7910

and

Stephen P. Wilkinson*
NASA Langley Research Center, Hampton, Virginia 23681

An experimental investigation of the effects of angle of attack on hypersonic boundary-layer stability on a
flared-cone model was conducted in the low-disturbance Mach-6 Nozzle-Test-Chamber Facility at NASA Lan-
gley Research Center. Hot-wire anemometry diagnostics were applied to identify the boundary-layer instability
mechanisms that lead to transition. The present results show that the boundary layer becomes more stable on the
windward ray and less stable on the leeward ray relative to the zero-degree angle-of-attack case. The second-mode
instability dominates the transition process at a 0-deg angle of attack; however, on the windward meridian at an
angle of attack this mode was stabilized. On the leeward meridian the frequency of the dominant instability was
higher than the estimated frequency of the second-mode disturbance; thus the dominant transition mechanism
may be other than a second-mode disturbance. Nonlinear effects, such as growth saturation, harmonic generation,
and spectral broadening, were observed in the transitional and turbulent flow regimes.

Nomenclature

disturbance amplitude
pressure coefficient, (P _ Poa/ 900
= frequency, kHz
= Mach number
= integrated growth factor
= static pressure, psia
= dynamic pressure, psia
s = Reynolds number based on surface-arc length and
freestream conditions
= static temperature, R
= velocity, ft/s
= axial distance from model tip, ft
= surface-normal distance, ft
= angle of attack, deg
= boundary-layerthickness, ft
= wavelength, ft

xS wzEmOa

SR N <N

Subscripts

= freestream value
oo .
0 = reference or stagnation value
gip = generalized inflection-point value

Introduction

ARGE changes in both heat transfer and skin friction may re-

sult from the transition of a hypersonic boundary layer from a
laminar to a turbulentstate. This transition process is a consequence
of the selective amplification and subsequent breakdown of insta-
bility waves.! Stability experiments seek to validate theoreticaland
computational methods as well as to improve our understanding of
the parameters that influence the transition process. These methods
and the improved knowledge are necessary to enable the efficient
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design of future hypersonic-flight vehicles. Such vehicles usually
cruise at some small angle of attack. Thus, a number of experiments
have been conductedin a variety of ground test facilities to examine
the effects of angle of attack on transition on sharp cones.>~> These
experiments consistently showed a transition shift downstream on
the windward meridian and upstream on the leeward meridian, rel-
ative to the 0-deg angle-of-attack case. However, because only the
location of transition was documented, no improved knowledge of
the phenomena responsible for these trends was gained. This im-
proved understanding can be gained only through stability exper-
iments that document details of the disturbance mechanisms that
lead to transition. Stability experiments for a 7-deg half-angle cone
tested at 2- and 4-deg angles of attack in a Mach 8 wind tunnel
were presented by Stetson et al.’ In these experiments, hot-wire
anemometry techniques were applied to measure the growth of dis-
turbances within the laminar boundary layer. They found that the
growth rate of the second-mode disturbances was little affected by
angle of attack; however, the characteristics of the disturbancesdid
change. The measured critical Reynolds number increased on the
windward meridian and decreased on the leeward meridian, relative
to the 0-deg angle-of-attack case.

High-speed test facilities have a measurable freestream distur-
bance field at high Reynolds numbers. These disturbance fields in-
teract with the model boundary layers, resulting in discrepancies
between measurements obtained in different test facilities.” This
undesirable effect, arising primarily from the acoustic disturbances
radiatingfromthe turbulenttunnel-wallboundarylayer,® established
the need for low-disturbance,or quiet, high-speed wind tunnels. The
present stability experiments were conducted in a quiet wind tun-
nel, the Mach-6 Nozzle-Test-Chamber Facility (M6NTC) at NASA
Langley Research Center (NASA LaRC). The quiet-tunneltechnol-
ogy developed at NASA LaRC achieves quiet flow by maximizing
the region of laminar flow over the nozzle wall.” The quiet flow of
the M6NTC nozzle has been calibrated in detail'® and found to be
suited for hypersonic boundary-layerstability studies. The primary
objective of the present work is to document the effects of angle of
attack on the stability of a hypersonic boundary layer on a flared-
cone model in a quiet wind tunnel. Surface pressure, surface tem-
perature, and hot-wire measurements are obtained in the windward
and leeward meridian planes at 2-deg angle of attack. In addition,
as a baseline reference, measurements are also obtained at 0-deg
angle of attack. The present study, described in detail elsewhere,'!
is the third in a series of stability experiments'>!3 conducted in the
MONTC at NASA LaRC.
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Experimental Method

Test Facility

The Mach-6 axisymmetric quiet nozzle, housed in the M6NTC
at NASA LaRC, provided the low-disturbancetest environment for
the presentstability measurements. The nozzle had a throat diameter
of 1.00 in. (2.54 cm) and an exit diameter of 7.49 in. (19.02 cm).
The length from the throat to the exit was 39.76 in. (100.99 cm).
The operating range of stagnation pressures for this nozzle is 80—
200 psia (56141 kPa) with stagnationtemperatures of up to 860cR
(478 K) attainable. The stagnation conditions for the present tests
were P, =130 4 2 psiaand 7, =810 4 3oR. Under these test
conditionsthe Reynolds number per unit length was Re/ [ = 2.82
10%/ft. The freestream flow environment of the nozzle has beén
documented in detail.'’ That study found that for the present test
conditions the freestream Mach number measured M_ = 5.91
0.08. Furthermore, within the uniform Mach-number énvelope,a
significant region of quiet flow was identified. Beyond this region,
a low-noise zone existed in which the measured disturbances were
confined to the 0- to 50-kHz low-frequencyband, primarily centered
around 16 kHz.

Test Model

The model used in this study, hence referredto as the flared cone,
is a 20-in.-long (50.80 cm) sharp-tip cone with a curved-flare af-
terbody measuring 4.6 in. (11.68 cm) at the base. The first 10-in.
(25.40 cm) length of the model measured from the sharp tip is a
straight-walled cone with a 5-deg half-angle. The remaining 10-in.
(25.40 cm) length of the model is flared outward with a 93.071-
in. (236.40 cm) radius of curvature. The purpose of the flare is
to generate an adverse-pressure gradient that may promote high-
disturbance growth rates on the model within the quiet-flow op-
erating capabilities of the MONTC facility. The Reynolds number
based on freestream conditions and the length of the flared cone
was Re=4.7 y, 10°. The model’s highly polished thin-skin con-
struction minimized both surface roughness and heat-conduction
effects. The flared cone was sting mounted onto a strut that was
placed on precision-machined blocks to position the model at an
angle of attack. The precisionof the modelangle was ;0.2 deg. The
test model was centrally located within the uniform Mach-number
envelope of the nozzle with the base of the model 3 in. downstream
of the nozzle exit plane inside the open-jet test section.!!

The effect of the adverse pressure gradient on the stability of the
boundary layer on the flared cone at a= 0 deg has been studied
numerically.!* This study determined the most-unstable second-
mode disturbances to be in the frequency range 235-260 kHz
with less-unstable first-mode disturbances in the frequency range
55-70 kHz. Measurement of boundary-layerdisturbances in these
high-frequency bands should not be affected adversely by the low-
frequency, narrow-band facility noise. No stability computations
were previouslyavailable,however,to estimatethe frequencyranges
for the angle-of-attack configurations.

Measurements

A conventional schlieren system was used to visualize the flow
downstreamof'the nozzleexit plane overthe aft portionofthe model.
A 1-pus duration spark light source was used. The schlieren knife
edge was oriented parallelto the nozzle axis to monitor the positions
of the model and nozzle exit shocks.

The flared cone was instrumented with 51 thermocouplesaxially
spaced along a single meridian at 1-in. (2.54 cm) intervals between
X=2in. (Re;=0.47 «, 10°) and X=9 in. (Re,=2.12 y, 10°)
and at 0.25-in. (0.64-cm) intervals from X=9 in. to X=19.75
in. (Re;, =4.64 , 10°). Along the opposing meridian, 29 equally
spaced static-pressure taps are located. The pressures were mea-
sured to within 4 5.76 v, 10~* psia. The accuracy of the temperature
measurements was A

A hot-wire aneniometer system was used to obtain mean-flow
and stability measurements in the boundary layer. The hot wire
was a 0.0001-in.-diam (2.54 y, 10-* cm) platinum-plated tungsten
wire spot-welded between two stainless steel broaches. The typical
length-to-diameter ratio of the thin-filament hot-wire sensors was
200. The reliability of the hot-wire position with respectto the model

surface arc-length distance was 0.02 in., and the accuracy of the
measured surface-normal distanceé was estimated to be 40.002 in.
As a reference scale, the boundary-layerthickness near the base of
the 20-in.-long (50.80-cm) model at a= 0 deg was about 0.06 in.
(0.15 cm).

A constant-voltage anemometer (CVA), described elsewhere,'’
was used to obtain measurements from the single-component hot-
wire sensor. The CVA system, with a reported 350-kHz bandwidth,
was a prototype and remains under continued evaluationand devel-
opment. Mangalam et al.!® have examined the signal-to-noiseratio
of the CVA in a hypersonic flow. Comte—Bellot!” and Kegerise and
Spina'® have examined the static response of the CVA in subsonic
and supersonic flows, respectively. An analysis of the dynamic re-
sponse of the CVA was presented by Sarma.!® The present measure-
ments, obtained with the CVA system, were not calibrated. However,
the sensitivity of the CVA to the mass-flux contribution becomes
considerably larger than that to the stagnation temperature contri-
bution as electrical heating of the hot-wire sensor increases.!>'#
Electrical heating of the wire is increased by raising the sensor volt-
age or current. The present measurements were obtained with the
hot-wire sensor operated under such high-voltage,heated-wire con-
ditions. Thus, the dependenceof the anemometer output is primarily
attributed to the mass-flux contribution.

Experimental Procedure and Data Reduction

The model was tested at angles of attack of a=0 and 2 deg.
Baseline measurements were obtained along a single meridian for
the =0 deg case, and angle-of-attack measurements along the
windward and leeward meridians for the o= 2 deg case.

The hot-wire probe was traversed over 17 streamwise locations
in 0.5-in. (1.27 cm) increments along the nozzle axis over the flared
region of the model. Fewer stations were surveyed for the windward
case. Mean-flow measurements were obtained at 13 discrete loca-
tions within the boundary layer at each streamwise location. For
mean-flow measurements the time-averaged mean and rms signals
were recorded from the CVA system. The mean output qualitatively
represented the mean-flow mass-flux profile. The rms output is a
measure of the flow-disturbanceenergy; thus, the peak-rms location
identified the locus of maximum disturbance energy. Subsequent
stability measurements were obtained at these maximum-energy
locations.

The stability measurements were based on time histories of the
instantaneous flow-disturbance fluctuations. The time-series data
were recorded as follows. The CVA output was first analog fil-
tered with a passband from 1 to 810 kHz to minimize the effects of
low-frequency electronic noise and high-frequency aliasing. Then
40,000 data values were digitally sampled at a rate of 2 MHz with an
8-bit numericalprecisionoscilloscope. The averaged-powerspectra
then were computed as follows: The sample record was divided into
segments of 256 samples. From each segment the mean value of
the segment was subtracted. A Hanning window then was applied
to the segment, and the fast Fourier transform of the windowed
segment was computed with 1024 data points. Power spectra from
156 nonoverlapping segments of the original record were averaged
to compute the averaged power spectrum. This procedure was ap-
plied to an additional record of 40,000 points recorded at the same
location, and these power spectra then were averaged for each mea-
surement location.

The change in the integrated growth factor, the N-factor differ-
ence, is given by

N _N, = (Al 4,) (1

where the amplitude spectra 4 were evaluated by taking the square
root of the average power spectra and the arbitrary reference loca-
tion was taken as the most upstream measurement location. Because
of the finite level of noise in the CVA system, the integrated growth
factor N is not itself physically measurable, nor is the unknown in-
tegrated growth factor at the arbitrary reference location N,. For the
growth to be detected experimentally, the disturbance must have an
amplitude greaterthan the additivenoise in the anemometer system.
Thus, regions where growth is not experimentally measured should
not necessarily be interpreted as regions of stability. Downstream
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of measured disturbance growth, the slope of the N-factor differ-
ence distribution can be compared on a consistent basis with linear
stability theory (LST) predictions.

Navier-Stokes Computations

The mean flow over the flared cone was modeled by the numerical
solution of the laminar Navier—Stokes equations using the NASA
LaRC-developedcode CFL3D. This codehasbeenusedto obtainax-
isymmetric mean-flow solutions on which LST computations were
based for the flared cone at a= 0 deg in an earlier study.* In the
present study the flow was computed for the flared cone at oe= 0 and
2 deg to correspond with the experimental test cases. Additionally,
to assess the impact of the precision of the model alignment, the
case where o= 0.2 deg also was computed. A detailed description
of the computational method is given elsewhere.!!

In addition to providing benchmark pressure and temperature
distributions for comparison with surface measurements, the com-
putations also provided a basis for estimating the frequency of the
second-mode disturbances. From the computed velocity at the gen-
eralized inflection point Vy;, and the known boundary-layerscaling'®
of the second-modedisturbance wavelength Ay,g wode» the frequency
of a second-mode disturbance was evaluated by

_ I/211d Mode Vgip

F2nd Mode )uznd Mode ~ 25 (2)
where the boundary-layerthickness 0 was estimated from the com-
puted velocity profiles. This frequency estimate is not presented as
a substitute for LST computations. Rather, in the absence of avail-
able LST computations for the present angle-of-attack cases, this
estimate provided a general indication of the range of frequencies
that can be measured in the experiments.

Results

The computed pressure contours for the @ = 2 deg configura-
tion are plotted in Fig. 1a. The scale drawing of the nozzle serves
only as a geometric reference; the nozzle itself is not modeled in
the computations!! The streamwise extent of the CVA hot-wire
measurements also is shown. The pressure waves emanating from
the flare remain downstream of the shock that originates from the
model tip. In the nozzle exit plane, the model shock is 0.5 in. (1.4
cm) away from the nozzle wall on the windward side of the model
and 0.3 in. (0.8 cm) on the leeward side. These measurements from
the computed data are reliable to within 4 0.1 in. (40.3 cm). The
schlieren images over the leeward and windward portions of the
model, shown in Figs. 1band 1c, respectively, verify that the shock
originating from the lip of the nozzle exit does not impinge on the
model surface. Because of the limited sensitivity of the schlieren
system, the relatively weak model shock is not clearly discernible
in the schlieren image. However, in the lower left of the windward
schlieren image, the model shock is seen as a dark line running al-
most parallel to the model surface. The distance from this shock to
the nozzle wall in the exit plane is measured to be 0.63 4 0.03 in.
(1.6 4 0.08 cm). The boundary-layer thickness at the nozzle exit
can be estimated from the distance between the orifice of the flush-
mounted static-pressure tube, at the nozzle exit, to the inner edge
of the free shear layer. In the leeward schlieren image, Fig. 1b, this
boundary-layerthickness is 0.22 4 0.03 in. (0.56 4 0.08 cm). It is
clear that the model shock exits the nozzle without reflecting from
the nozzle wall or interacting with the nozzle wall boundary layer.
It is also pertinent to note that the model shock locations estimated
fromthe schlierenimages and computationsare in good agreement.

Surface Pressure and Temperature

The measured surface-pressure distribution for the a=0 deg
baseline case is plotted in Fig. 2a. Also shown are the Navier—
Stokes computations for the = 0 and 0.2 deg cases. The constant-
pressure region corresponds to the straight-walled cone portion of
the model, and the pressure rises steadily along the flare. The es-
timated variation due to the model alignment is indicated by the
envelope of the o = 0.2 deg computations. Overall, the agree-
ment between the measurementsand the computationsis very good.
The o= 2 deg pressure distributions are plotted in Fig. 2b. These

NOZZI E LEE

a=2°

MODEL / WIND

CVA MEASUREMENTS

a) Computed pressure contours in windward and leeward planes over-
laid on scale drawing of test nozzle

b) Schlieren photograph of leeward plane

A ok e

¢) Schlieren photograph of windward plane

Fig. 1 Navier-Stokes computations and schlieren visualization for
=2 deg case.
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Fig.2 Surface pressure measurements with Navier-Stokes computa-
tions.
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Fig. 3 Surface temperature measurements with Navier-Stokes com-
putations.

measurements also show good agreement with the computations
alongthe cone portion. Along the windward meridian, the measured
pressure falls just slightly higher than the computed values. The
measured leeward distribution, however, shows a more significant
deviation from the computed pressure gradient over the flare.

The surface-temperature measurements for the = 0 and 2 deg
test cases are shown with the corresponding computationsin Fig. 3.
The a = 0 deg measurements fall within the computed o = 0.2
deg envelope up to Re, = 3.8y, 10°. Beyond this region, the on-
set of transition is indicated by ?ﬁe large temperature increase. The
location of transition onset, determined by the intersection of two
straight lines extended from the laminar and transitional regions, is
at Re, = 4.2 , 10°. For the o= 2 deg case, a greater temperature
difference is noted between the windward and leeward meridians
in the computations than in the experiment. This discrepancy may
be due to thermal conduction between the windward and leeward
meridians in the experiment, which is thought to average out tem-
perature differences. The windward measurements, following the
trend of the laminar-flow computations, gradually increase toward
the base. In contrast, the leeward measurements show a sharp rise
due to the transition onset at Re, = 3.33 y, 10°, which is upstream
of that observed in the cc= 0 deg case.

Mean-Flow Boundary-Layer Profiles

The uncalibrated,normalized mean CVA output voltage is plotted
against surface-normal distance Y and streamwise location Re; in
Fig. 4a for the @ = 0 deg baseline case. The profile shape does
not change appreciably in the laminar region. The boundary-layer
thickness O was estimated on the basis of the slope of the mean-
profile data refined with a smoothing cubic-spline fit and is shown
in the Y _Re;, plane of this three dimensional plot. The adverse-
pressure gradient retards boundary-layer growth, as shown by the
slight decrease in O over the flare. Downstream of the transition
onset, Re, = 4.2, 10°, the mean profiles broaden and Jincreases.

Mean profiles %ér the ¢ = 2 deg windward case are shown in
Fig. 4b. The profile shapes maintain their laminar-like shape with a
well-defined boundary-layeredge. Also, the ddistribution remains
fairly constant with the exceptionof some experimentalscatter. The
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Fig.4 Mean-flow boundary-layer profiles.

a= 2degleeward mean profiles are shown in Fig. 4c. The upstream
profiles have a laminar shape; however, as the profiles evolve down-
stream, their shape fills out. Toward the aft of the flare, the boundary-
layer thickness increased beyond the Y range over which hot-wire
measurements were obtained.

Boundary-Layer Disturbance-Energy Profiles

The disturbance-energyprofiles for the a = 0 deg baseline case
are plotted in Fig. Sa. These profiles show the developmentof a lo-
calized disturbance within the laminar boundary layer. Downstream
of the transition onset, Re, = 4.2 «, 10°, the disturbance grows in
amplitude and broadens in extent. The Y location, where flow dis-
turbanceshave a peak amplitude (indicated by the circularplot sym-
bols), corresponds to the generalized inflection point'! and occurs
at approximately 85% of the boundary-layer thickness. The rms
profiles for the o = 2 deg windward case are shown in Fig. 5b.
In this case the rms profiles have two maxima. The peak closer
to the boundary-layer edge is attributed to the disturbances at the
generalizedinflection point.!! The peak closer to the surface results
fromthe increasedsensitivity of the hot-wire sensorunderdecreased
mass-flux conditions.'? The onset of rapid disturbance growth oc-
curs farther downstream than in the baseline case. In contrast, the
a=2 deg leeward profiles, presented in Fig. Sc, show disturbance
growth farther upstream than in the baseline case; and the distur-
bance rapidly spreads across the whole boundary layer.

Boundary-Layer Disturbance Spectra

The normalized amplitude spectra n( 4/ 4,) are plotted for the
a= 0 deg baseline case in Fig. 6a, where the most-upstream spec-
trum is used as the reference condition. Significant disturbance
growth is clearly observed in the 225- to 325-kHz frequency band,
with a peak amplitude at 266 kHz. In the frequency range below 75
kHz, disturbance growth also is detected, but this is mostly indis-
tinguishable from the facility noise in the 0- to 50-kHz band. Addi-
tional disturbance growth is detected at the higher-orderharmonics
of the 266-kHz disturbance at 531 and 797 kHz. The second-mode
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Fig. 6 Stability measurements for & = 0 deg baseline case.
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Fig.7 Stability measurements for X = 2 deg windward case.

frequency estimates based on the present Navier—Stokes computa-
tions are overlaid on a contour plot of the measured N-factor spectra
in Fig. 6b. The o= 0 deg baseline and the o= 0.2 deg windward
and leeward computations are shown with the @ = 0 deg data.
The computed second-mode frequency decreases along the cone
portion of the model as the boundary layer grows. Over the flare
where boundary-layer growth is retarded, however, the computed
frequency remains fairly constant and falls within 2% of the mea-
sured 266-kHz frequency at Re, = 4.5 y, 10°. Thus, the 266-kHz
disturbance is identified as a second-mode disturbance.

Two distinct peaks are observed in the normalized amplitude
spectra for the @ = 2 deg windward case shown in Fig. 7a. The
low-frequencypeak is identified as facility noise in the 0- to 50-kHz
band. The other disturbance is centered at 380 kHz. The computed
second-mode disturbance frequency underpredicts this measured
frequency by 11% as shown in the composite plot in Fig. 7b. The
discrepancy between the measured and computed frequencies may
arise because of the limited precision of the model alignment and
the limited accuracy of the A o, 26 approximation. Nevertheless,
the 380-kHz disturbance also is identified as the second mode.

In contrast to the preceding cases, the spectra for the =2 deg
leeward case, shown in Fig. 8a, indicate that significant disturbance
growth occurs at the most-upstream locations, and that growth very
likely has already occurredprior to the first measurement location. A
localized peak in the amplitude is initially detected at 141 kHz, but
subsequently disperses into a more broadband disturbance down-
stream. The composite plot presented in Fig. 8b shows that the com-
puted second-mode frequency is about 45 kHz at Re, = 4.5 «, 10°.
This mode is not identified clearly from the measured spectra be-
cause of the broadband character of the flow disturbances. In addi-
tion, the second mode is obscured because its frequency falls within
the 0- to 50-kHz facility-noise band. But, because the initial peak
amplitude disturbanceat 141 kHz falls beyond the second-mode fre-
quency band, the dominant instability for this case is not associated
with the second mode.

N-Factor Distributions
The N-factor distributions, (N _ N,) vs Rey, are plotted for se-
lected frequencies in the unstable bands in Fig. 9a for the oo = 0
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Fig. 8 Stability measurements for X = 2 deg leeward case.
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Fig.9 N-factor distributions.

and 2 deg cases. These distributions were refined from 17 to 64
streamwise locations by applying a smoothing cubic-spline fit to
the raw data. The locations where transition onset is detected are
indicated by the asterisks. For the = 0 deg baseline case, the 266-
kHz second-mode disturbance was detected initially in the laminar
region at Re, = 3.65 «, 10°. Approximately linear growth of the
second mode continuesthroughthe transitionalregion up to the final
measurement station, but saturation is not observed. The Reynolds
number where the linear growth is detected initially increased to
Re, = 4.0y, 10° for the 380-kHz second-mode disturbance in the
a = 2 deg'windward case. In the oo = 0 deg baseline and ot = 2
deg windward cases, the zero-slope regions upstream of Re, =
3.65 ¢ 10° and Re, = 4.0 , 10°, respectively, indicate that the
electronic noise in the CVA ‘system obscures the detection of the
flow disturbance.Conversely, in the o = 2 degleeward case, the flat
region of the distribution downstream of transition onset indicates
that saturation has taken place. In this case, the saturation of the
dominant 141-kHzdisturbancecoincideswith the onsetof transition
at Re, = 3.33 ., 10°.

Figure 9b shows the oe = 0 deg baseline case N-factor distribu-
tions of the second-mode disturbance measured at 266 kHz and of
the most-unstabledisturbanceat 220 kHz from LST computations.'*
The reference value of N, = 6.5 is given by the computed N fac-
tor at Re, = 3.65 , 10°, where the second-mode disturbance is
detected initially in ?ﬁe experiment. Upstream of this location, elec-
tronic noise in the CVA system obscures the second-mode distur-
bance. The 20% discrepancy between the measured and computed
frequencies may be due to the uncertainty in the alignment angle
of the test model, which is 40.2 deg. Beyond the transition onset
at Re, = 4.2 4, 10° the slopé of the measured N-factor distribution
levels off sligﬁ%ly This deviationfrom linear growth is accompanied
by the appearance of higher-order second-mode harmonics at 531
and 797 kHz.

Concluding Remarks

An investigation of angle-of-attack effects on the stability of the
hypersonic boundary layer on a conical model in a low-disturbance
facility has been conducted. The freestream Mach number for the
presenttests was M __= 5.91, and the freestream Reynolds number
per unit length waso%e/l = 2.82 y, 10%/ft. The 5-deg half-angle
flared-cone model was tested at ang?és of attack of @ = 0 and 2 deg.
The flared afterbody was used to generate an adverse-pressure gra-
dient that may induce transition on the model within the quiet-flow
operating capabilities of the test facility. Thus, transition occurred
on the flared-cone model at a Reynolds number of 4.2 y, 10° for
the 0-deg case, whereas transition Reynolds numbers in excess of
10 y, 10° may occur on straight-walled cones. Despite the unique-
ness of the geometry of the flared-cone model, the present data
are generally consistent with the angle-of-attacktrends observed on
straight-walled cones in other investigations, i.e., the onset of tran-
sition shifts upstream for the leeward cases, relative to the baseline
case, and is delayed for the windward cases.

On the windward meridian, the following observations were
made: The boundary layer remained laminar over the length of the
model. The frequency of the dominant second-mode instability in-
creasedrelativeto the 0-deg case, scaling with the thinner boundary-
layer thickness. In addition, the growth of the second-mode insta-
bility was first detected at a larger local Reynolds number.

Along the leeward meridian, transition occurred at a local
Reynolds number of 3.33 y, 10° for the 2-deg case compared to
4.2 4, 106 for the 0-deg case. The coincidence of the transition on-
set and growth saturation for the leeward case may suggest that the
combined effects of adverse-pressure gradient and angle of attack
accelerate the process of nonlinear breakdown for the dominant
instability on the leeward meridian. Furthermore, because the es-
timated second-mode frequency was well below the measured fre-
quency of the dominant peak-amplitude disturbance, the dominant
instability mechanismon the leeward meridian is thoughtto be other
than a second-mode mechanism.
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